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INTRODUCTION 


Visual inspection and fail-safe design are key elements in insuring 
structural integrity of commercial transport aircraft. The current state-of- 
the-art for fail-safe design of tension-loaded metallic structures has been 
developed through years of experience. Some design concepts which have proved 
effective in metallic structures may carry over to the design of tension-loaded 
composite structures. Flaws and defects in compression-loaded metallic struc- 
tiires are generally of no concern because compression loading does not cause 
defects to propagate. On the other hand, in compression-loaded composite 
structures, flaws and defects can be a major concern. Recent tests (refs. 1 - 
3) on compression-loaded graphite-epoxy composite structures indicate that 
local impact-induced damage may propagate by either progressive delamination 
or local shear instability causing significant strength reductions. This 
damage may occtir during routine aircraft service and maintenance, imavoidable 
encounters with hailstones, or from an engine rotor burst. Even damage that 
is not visually detectable may cause appreciable degradation in compression 
strength (ref. 3). This fact is of special concern because imposing inspection 
criteria more severe than the visual procedures currently employed may be un- 
acceptable to the airlines and may severely restrict the use of composites by 
the aircraft manufacturers. Although composites have been introduced into 
commercial service in secondary structural components (ref. 4), these components 
operate at design ultimate strains sufficiently low that impact damage does not 
degrade their structural performance. Heavily-loaded primary structures such 
as wing panels, however, are designed to efficiently carry loads at high strains 
and structural performance may be degraded by impact damage. 

The current investigation was conducted to evaluate experimentally (1) con- 
cepts for improving the compression strength of graphite-epoxy structural panels 
when subjected to low-velocity impact damage, and (2) concepts for arresting or 
limiting the growth of damage propagation. Preliminary results of this investi- 
gation are presented and discussed in the present paper. Tests were conducted 
on moderately thick laminated plates (most were about 0.7 cm thick) and on 
stiffened compression panels representative of structures which have application 
in heavily- loaded commercial aircraft wings. These tests consisted of impacting 
specimens while under Inplane-axial-compression load. Specimens that did not 
fail at impact were tested to determine the residual strength. In addition, a 
structural efficiency analysis was performed to examine the mass penalty imposed 
by Incorporating some of the damage tolerant-features in stiffened compression 
panel design. The implication of the test results on the design of aircraft 
structures was examined with regard to FAR requirements. 
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MATERIALS AND SPECIMENS 
Materials 


The graphite used in this investigation was a commercially available, 
high-strength, continuous filament material. The fiber (Thomel 300l ) was used 
in both unidirectional tape and bidirectional balanced-weave fabric forms. The 
tape and fabric were purchased from vendors in a preimpregnated form and kept 
under refrigeration in sealed containers until ready for use. Three 450K cure 
thermosetting epoxy-resin prepreg systems were evaluated. Each system was pro- 
cured from a different supplier and processed in an autoclave according to the 
manufacturer's recommended procedure. Representative properties of these 
systems, obtained during the investigation reported in reference 5, are given 
in table I. The system designated Material A (Rigidlte 52082) ig g widely used 
commercially available, high-flow resin system and was chosen because it is 
representative of systems used in many secondary flight components. Material B 
(Cycom 907^) is a commercially available, low-flow system that has been used in 
helicopter applications and, to a limited extent, in secondary flight com- 
ponents. Material C is an experimental system formulated by the Clba Gelgy 
Corporation specifically to improve damage -tolerant characteristics and is not 
commercially available. 


Specimens 


Two types of test specimens, flat plates and blade stiffened panels, were 
evaluated in this investigation. Both types of specimens are representative 
of structures that may be Incorporated in heavily-loaded sections of aircraft 
wings. All specimens were fabricated using conventional fabrication procedures 
and autoclave cured. They were cut to size using diamond -impregnated tooling, 
and the ends to be loaded were groiind flat and parallel. Most specimens were 
inspected ultrasonically to assure freedom from disbonds 'and foreign inclusions, 
and one side was painted white to reflect light so a moire-fringe technique 
could be used to monitor out-of-plane deformations. 

Plate specimens . - The plate specimens tested are indicated in table 2 and 
a sketch is shown in figure 1. The specimen groups (PI -P5) shown in figure 
1(a) were used to study the effect of matrix and graphite material-form on the 
compression strength of graphite-epoxy laminates with impact damage. The 
laminated plates with transverse reinforcement, using fibers sewn through the 


1 

pThornell 300; Trade name of Union Carbide Corporation 
pRigidite 5208: Trade name of Narmco Materials Corporation 

Cycom 907: Trade name of American Cyanamid Corporation 

Identification of commercial products and companies in this report is used to 
describe adequately the test materials. The identification of these commerical 
products does not constitute endorsement, expressed or implied, of such pro- 
ducts by the National Aeronautics and Space Administration or the publishers of 
these conference proceedings. 
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thickness of the plate, (table 2) were fabricated to evaluate the potential of 
transverse-fiber reinforcement in reducing impact damage. An unreinforced 
counterpart of each type is included in the tests of laminated plate groups 
(P1 , P2 and P4) . The reinforced specimens were stitched with an aramid thread 
material using a O .64 cm square grid in the impact region near the specimen 
center. The stitching was performed prior to autoclave cure. 

The discrete-stiffness specimens shown in figure 1 (b) were fabricated to 
evaluate the concept of lumping or isolating a plate into regions of hi^ and 
low axial stiffness as a means of arresting damage propagation. Regions of 
low axial stiffness (only +45° plies) have been shown by tests reported in 
reference 1 to be tolerant to impact. The discrete-stiffness specimens were 
designed to have the same amount of 0°, 45° and 90° material in the plate as 
contained in an equivalent width plate of the P2 orientation. The width of 
the hl^-and low-stiffness regions was arbitrarily selected. 

Another technique investigated for arresting propagating damage was the 
mechanically fastening of sections of plates together (table 2) using high- 
strength steel bolts (figure 1(c)). Several specimens were assembled and 
tested using the PI laminated plates fastened together with 0.95 cm diameter 
aircraft bolts. The bolt size and spacing were arbitrarily selected. 

Blade-stiffened panels . - Two types of blade-stiffened panels were 
evaluated. The first type consisted of traditional blade sections attached 
to, or cocured with, a continuous skin. The second type consisted of a series 
of channel sections bolted together along the flange. 

The first type was designed using a computerized- sizing-program, PASCO 
(Panel Analysis and Sizing Code), and is illustrated in figure 2. A discussion 
of PASCO capabilities are given in reference 6 and examples of its application 
may be found in reference 7. Configuration details and dimensions of the test 
panels are summarized in table 3. The panels were designed to have a minimum 
mass ¥/AL (panel mass per unit surface area per unit length) subject to an 
in-plane axial compression loading and a number of practical constraints. The 
axial compression load requirements were between 2.63-3.33 MN/m, which is 
representative of heavily-loaded upper-surface aluminum wing panels on current 
commercial aircraft. The constraints considered in the design process included 
buckling, in-plane and shear stiffnesses equal to or greater than aluminum wing 
panels of the same load capability, bow-type imperfections along the panel 
length, practical dimensions and material strength limitations. The effect 
some of these constraints have on panel mass are discussed in reference 7. 

Several damage-tolerant features investigated in the plate specimens were 
incorporated in the first type of blade-stiffened panels. Panels with bonded 
or mechanically attached stiffeners were compared with those having cocurred 
stiffeners. Several of the panels with bonded or mechanically attached stif- 
feners also incorporated discrete-stiffening concepts similar to the plate 
specimens. The skin of these stiffened panels was primarily +45° material to 
give a low-modulus section and the stiffeners were primarily 0° material to 
give a high modulus in the blade and flange. The two commercially available 
materials. Material A and Material B, were used to fabricate test panels. 
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The panel mass parameter, obtained from PASCO, is shown in figure 3 as a 
function of the load index for blade-stiffened graphite-epoxy panels. These 
panels were required to carry the specified compression load subject to the 
following conditions: (a) have extensional and shear stiffnesses representa- 

tive of commercial aircraft wing panels (ref. 7), (b) to be resistant to 
buckling, (c) to have a maximum average strain of 0.005 or less, (d) to have 
a bow- type imperfection along a 76 cm length of 0.23 cm, and (e) to have a 
maximum strain including the effect of the bow of less than 0.0067. The 
bonded region in figure 3 represents the mass and loading for typical com- 
mercial aircraft aluminum wing panels. The test panels represent considerable 
mass savings when compared to the aluminum wing panels. Deviations from the 
minimum-mass curve for the test panels are a consequence of changes to optimum 
designs made to reduce the allowable strain and to simplify mantifacturlng. 

The second type of blade-stiffened panel involving a series of channel 
sections mechanically fastened together is shown in figure 4* This concept is 
of Interest for two reasons. First, mechanical fastening was evaluated as a 
damage-arrestment technique; and second, panels of this type could be assembled 
from pultruded sections thus potentially reducing fabrication costs. Two 
panels were fabricated from Material A using the same fiber orientation as the 
P1 plate specimen group (table 2). The channels were of uniform cross-section; 
therefore, the blades of the test panels were twice as thick as the skin. 

These panels were fabricated for a conceptual study only, and the PI plate 
laminate was selected because the impact characteristics were well defined 
from tests on plate specimens. The concept may be easily evaluated by com- 
paring test results with those of the plate specimens. Panels sized using 
the PASCO program could be studied for further evaluation of efficient struc- 
tijral designs. The sections of the test panels were fastened together using 
0.95 cm diameter high-strength aircraft bolts. The spacing of the fasteners 
and the dimensional configuration of the specimens were arbitrarily selected. 


APPARATUS AND TESTS 
Apparatus 


The plate test specimens, with nominal dimensions of 12 x 25 cm, were 
supported in a frame similar to the one shown in figure 5. The frame consists 
of two adjustable side supports and adjustable end supports at the top and 
bottom. The side supports simulate simple-support boundary conditions and 
were placed approximately 0.6 cm from the specimen edge. The end supports 
simulate a clamped boundary condition. The wider plate specimens were sup- 
ported in a similar test frame that included two additional interior simple 
supports along a line on each side of the specimen. They were located at 
one- third the specimen width from the edge to prevent buckling. No special 
apparatus or side supports were required for the blade-stiffened panels. 

A conventional hydraulic loading machine was used to load the plate and 
panel specimens in compression. Electrical resistance strain gages were 
bonded to the specimen to monitor the applied axial strain and bending strains 
caused by out-of -plane deformations. The gages were placed at locations away 
from the Impact region and bolts, where local effects would not influence the 
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meastired values. Displacements of the loading platens and out-of -plane 
defommitions normal to the panel surface were monitored by direct-current dif- 
ferential transformers. Electrical signals from all strain gages, displacement 
transducers and the load transducer were recorded on magnetic tape at regular 
time intervals during the test. 

Solid aluminum spheres 1.27 cm in diameter with a mass of 3 grams were 
used as the impact projectiles for studies on both the flat plates and stif- 
fened panels. The spheres were propelled by a compressed air gun which had an 
electronic detector mounted on the end of the barrel to measure projectile 
speed. Additional information on the air gun and its operation can be found 
in reference 1 . 

Ultrasonic C-scan flaw detection equipment was used to evaluate the extent 
and location of the region damaged by impact. The equipment consisted of a 
focused high-resolution pulse-echo type piezoelectric transducer, a tank for 
immersion of the transducer and specimen in a water bath, and a transversing 
mechanism to scan automatically the specimen surface. 


Tests 


Undamaged control specimens were loaded in compression to determine the 
critical load and strain at buckling and the applied load at failure. Buckling 
was defined by the load-strain response and strain-reversal technique. The 
strain measurements were complemented by the moire-fringe method for observing 
contours of out-of -plane deformation which provided visual definition of the 
buckled mode-shape. 

Test specimens were damaged by impact near the center while under static 
compression load to evaluate the effect of discrete-source damage. Some of 
these specimens continued to carry load while others failed. Those panels that 
continued to carry load were inspected visually and some were examined ultra- 
Sonically. Most were then loaded in compression to failure to determine their 
residual strength. The remaining specimens with damage were sectioned using a 
diamond- Impregnated saw, and the cross-sections were examined using microscopes. 
This inspection technique was used to evaluate details of the interior laminate 
damage . 


RESULTS AND DISCUSSION 
Plate Specimens 


Matrix materials . - The effect of impact damage on the compression strength 
of the orthotropic plate specimen groups, PI - P3, is shown in figure 6. The 
ordinates in figure 6 are axial strains measured on the specimen due to the 
applied compression load, and the abscissas are projectile Impact velocities. 

The solid circular symbols (fig. 6a - 6c) represent specimens that failed due to 
projectile impact while the open circles represent specimens that did not fail 
even though they may have Inctirred some local damage. A curve labeled "failure 
threshold" has been faired between the open and solid circular symbols of each 
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set of data shown to represent a lower bound to the applied static compression 
strain that causes failure at a given velocity for the impact projectile used. 
Data points on the ordinate are failures of undamaged control specimens . These 
specimens failed after buckling and, therefore, do not represent the ultimate 
static strength of the test laminates. The specimens that did not fail due to 
impact, as well as several that were damaged without an applied static load, 
were subsequently tested to determine their residual compression strength. 

These results are shown by the solid square symbols on figure 6. Every data 
point representing the residual compression strength is on or above the failure - 
threshold curve. This suggests that impacting test specimens while under load 
is an effective method of establishing a lower bound for the residtial static 
compression strain of graphite-epcxy laminates damaged by low-velocity impact. 
Specimens damaged by impact at 50 to 75 m/s failed during residual strength 
tests at about the same strain as the undamaged control specimens even though 
the failure may have occurred through the impact location. 

Also shown on figure 6 is the impact velocity at which surface damage be- 
comes visually detectable on both the contact surface and the back surface of 
the laminate. These data were obtained from specimens that were damaged at 
approximately eight different impact velocities (without load) . The impact 
regions were carefiolly inspected by several individuals, some with previous 
aircraft technician service experience. The velocity range for these tests 
exceeded that used to determine the failure-threshold curve. The wide bands 
shown in figure 6 denote uncertainty involved in detecting visual damage. The 
first evidence of damage in the contact region is a very shallow circular 
depression which is difficult to see. The first evidence of damage on the 
rear surface is a small crack in the surface ply. As impact velocity increases, 
the front surface circular depression becomes more pronoimced, and portions of 
the rear surface ply may delaminate or spall off. It is apparent from the 
data that severe reductions in compression strength may occur from damage that 
is marginally detectable by unaided visual inspection. Materials B and C, 
with the higher damage -tolerant capability, also require higher velocity to 
impose visually detectable damage. Design implications of this finding are 
discussed in a subsequent section. 

A comparison of the failure -threshold curves shown in figure 6d demon- 
strates clearly that the matrix material has considerable effect on impact 
damage tolerance since the same graphite fiber was used with each material 
evaluated. It is believed that this result may be related to differences in 
the failure mode. Two modes of failure in compression loaded composite 
laminates; delamination and transverse-shear crippling, have been identified 
and are discussed in references 3 and 8. Delamination due to impact generally 
occurs at ply interfaces where there is a major change in the angle between 
plies, e.g., between 0° and 45° plies. The sublaminates formed by delamination 
have a low bending stiffness and may buckle locally at a load well below the 
buckling load of the undamaged panel. The local buckling creates high trans- 
verse tension and peel stresses at the delamination boundary which cause the 
damage to propagate. If the propagation is not arrested or the load is not 
redistributed, the damage propagates tintil the panel fails by general in- 
stability. The transverse-shear failure mode is caused by a shear instability 
in the high-axial-stiffness 0° plies (see additional discussion in reference 9) 
in which the length of the crippled fibers may be only 4 or 5 fiber diameters. 

A specimen that has failed by transverse shear usually exhibits delamination 
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in the cross section due to wedging of the failed plies at the interfaces. 
Failures by both modes propagate laterally across the width of the specimen. 
Damaged panels fabricated from Material A usually fail at low compression loads 
by delamination while those fabricated from Materials B and C fail primarily 
by transverse-shear crippling. 

Graphite fabric . - The results of impact tests on predominately graphite 
fabric laminates (plate groups P4 and P5, table 2 ) are shown in figure 7. 

These results are compared with the failure-threshold curves for all-tape 
laminates with similar orthotropic properties presented in figure 6 and 
reference 3. The failure-threshold curves for the fabric specimens at 
velocities greater than 100 m/s are 25-30 percent higher than for the all-tape 
laminates. The specific reason for the improvement is unclear, however, it 
has been noted that impact initiated failures are most pronounced where there 
is a major change in ply angle. The cross-plies of woven graphite material 
are mechanically linked together, thereby reducing the number of interfaces 
available to participate in delamination. The regions of visually detectable 
damage for the fabric laminates are also shown on figure 7. The damage on 
the back surface of these specimens is notably easier to detect than it is in 
the contact region. This is in contrast to the tape laminates shown in 
figure 6 and the reason for this is imclear. However, the nature of damage 
(shallow circular depression) makes detection very subjective and can be 
influenced by surface finish and lighting. 

Transverse reinforcement . - The results of tests on plate groups RP1 - 
RP3 conducted to evaluate the effect of stitching are shown in figure 8. Also 
shown on the figure is the failure-threshold curve for plates without 
stitching fabricated from the same matrix systems. The transverse reinforce- 
ment significantly increases the failure threshold of those plates fabricated 
from Material A (RP1 and RP3), however, there is little or no difference in 
the failure-threshold curves for plates fabricated from Material B. Note that 
the residual strength of reinforced plates fabricated from Material A tape 
(RPI ) is somewhat higher than the failure-threshold curve, and that a curve 
faired through the residual strength data would be about the same as the 
threshold curve for Material B. This is believed due to the plate failure 
modes. As indicated previously, the unreinforced plates of the Material A 
tape fail primarily by delamination. Transverse reinforcement in plates of 
this material is adequate to suppress delamlnatlon and mechanically locks the 
laminate together, thereby restricting the failure to a higher-energy trans- 
verse-shear mode. Additional reinforcement of Material B, however, is un- 
necessary and plates with and without reinforcement fail by transverse shear, 
a mode related to the shear modulus of the matrix materials (ref. 9). 

Although additional tests will be required to evaluate these effects, the 
Material B failure-threshold curve may represent an intrinsic material pro- 
perty of this class of graphite-epoxy materials with impact damage and improve- 
ments may require an Increase in the matrix shear modulus. 

Transverse reinforcement appears to reduce the extent of interior impact 
damage as shown in figure 9. This data was obtained by tiltrasonic inspection 
of laminates fabricated from Material A, after impact at different velocities. 
Both laminates evaluated at the same projectile velocity had smaller regions 
of damage with transverse reinforcement than those which had no reinforcement. 
Several stitched specimens were cross-sectioned to examine the nature of the 
Interior laminate damage and photographs of two such cross sections are shown 
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in figTjre 10. The interior laminate damage is similar to that observed in 
unreinforced specimens reported in reference 3. The reinforcement, however, 
does appear to restrict slightly the extent of interlaminar cracking which is 
why the damage area, as determined by C-scan inspection (fig. 9), was somewhat 
smaller. It should also be noted in figure 10 that the specimens had voids in 
the vicinity of the reinforcing thread which are near or below the level of 
C-scan detection. These voids did not reduce the strength of the control 
specimens which failed after buckling and apparently had no deleterious effect 
on specimens damaged by impact. 

Discrete-stiffness design . - The plates constructed from the Material B 
with regions of discrete stiffness were proof tested to a strain in excess of 
0.0060. They were then damaged by impact in the low-axial-stiffness region 
to further substantiate test results reported in reference 1 which indicated 
these regions should be damage tolerant. The first test plate was damaged by 
impact without load and the second was damaged while loaded to a strain of 
about 0.0053. Both had easily detectable visible damage and were subsequently 
proof loaded to a strain of O.OO6O. No propagation or increase in the size 
of the damage occurred. The results of impact in the high-axial-stiffness 
region are shown in f igure 1 1 . One plate as Indicated by the open symbol was 
damaged while loaded to an applied strain of 0.0044. No propagati'on of damage 
occurred and the specimen was subsequently loaded to a strain of about 0.0055 
at which the damage propagated across the center high-stiffness region and 
arrested. The propagation was apparently by shear crippling in the 0° plies 
and there was no apparent propagation into the low-axial-stiffness, +45°, 
region. The second test plate was damaged while loaded at an applied axial 
strain of about 0.0054. Upon impact, the high-axial-stiffness region failed 
similar to the damage propagation of the first panel. The results of tests 
on both test specimens demonstrate the effectiveness of discrete stiffness in 
containing propagating damage. 

Mechanically fastened plates . - Results of tests on two plates fabricated 
using mechanical fasteners (table 2) are shown in figure 12. Also shown in 
the figure is the failure-threshold curve from figure 6a for the orthotropic 
plates of Material A. The applied strain at impact is indicated by the open 
circle. Both test specimens were damaged while under load at an applied 
strain sufficiently high to ensure that the damage would propagate. The 
damage initiated failure of the center plate but did not propagate into either 
side plate. The strain recorded in the side plates after failure of the center 
section is indicated by the partially filled circle. These tests demonstrate 
experimentally that mechanical fastening may be an effective technique for 
confining propagating damage to a controlled region. 


Blade-Stiffened Panels 


The configuration details incorporated in the blade-stiffened panels are 
given in table 3 and the results of proof, impact, and residual strength tests 
on these panels are summarized in table 4- The skin elements in the panels 
ranged in thickness from 22 to 42 plies and all impacts were in the panel skin. 
Based on the plate specimen results previously discussed, the impact conditions 
selected for these tests (table 4) were intended to be moderately severe. 
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Panels la, 1b and 2 were fabricated and tested to evaluate the concept of 
attached or bonded-on-stiffeners versus cocured-integral-blade stiffeners. 

Both designs had the same configuration dimensions and ply orientations based 
on a minimum-mass integrally stiffened design developed using the PASCO program. 
The stiffeners of panel 2 were modified slightly to provide a 7.6 cm wide 
flange, 12 plies thick for bonding the stiffener to the panel skin. Two test 
panels of configuration 1 and one panel of configuration 2 were tested under 
similar impact conditions. All of the panels failed due to Impact induced 
skin-delamination which propagated completely across the panel permitting the 
sublaminates in the skin to buckle locally. A photograph of a typical skin- 
stiffener intersection cut from panel 1 after failure is shown in Figure 13. 

It is apparent from an examination of this cross-section that there are 
multiple planes of delamination and the delaminations have propagated in about 
the same plane. Also, the delamination did not propagate into the stiffener 
thereby permitting the panel to have significant residual strength following 
the delamination failure. The reason the delaminations did not propagate into 
the stiffener is that the high-stiffness, 0°, plies do not traverse into the 
stiffener thereby denying the delamination a natural path into the stiffener. 

The skin attached to the stiffeners was adequate to stabilize the stiffeners 
in these short panels. In longer panels lateral or rolling stability of the 
stiffener could become significant at lower loads in residual-strength tests. 
Since 0° skin plies for both designs 1 and 2 do not traverse into the stif- 
fener, and due to the characteristic skin delamination failure mode, the 
bonded stiffener concept provided no improvement in damage tolerance compared 
to the cocurred design. 

Test panels 3 and 4 were designed to provide the principal axial stiffness 
in the blade stiffeners and the required shear stiffness in the panel skin. 

The skin was composed predominantly of +45° plies and included no high-axial- 
stlffness, 0°, plies. (This configuration is similar to the discrete-stiffness 
plates discussed previously). A +45° laminate, however, has a high Poisson's 
ratio (~.7l) and several 90° plies were incl^lded in the skin to reduce the 
lateral expansion. Even with these 90° plies, Poisson's ratio is still high 
(~.53). This design resulted in a moderately wide stiffener spacing of 22.4 
cm as noted in the dimensions for panel 3 Included in table 3. During the 
initial control test on panel 3, the skin buckled at an applied axial strain 
of .003. This was due to combined loads introduced in the skin. These loads 
were the applied axial load and a lateral load resulting from restraining the 
Poisson's expansion of the skin. This restraint is imposed by frictional forces 
between the panel ends and the test machine platens. The high lateral bending 
stiffness of the stiffeners do not permit the skin to expand laterally. Panel 
3 was damaged by impact with the skin in a buckled condition and some test 
results are illustrated in figiire 14. Following impact, the panel was evaluated 
by C-scan inspection and the photograph shown in figure 14a indicates there was 
moderate local damage. The dark regions along the edge of the stiffener flange 
are due to variations in bond-line thickness and are unrelated to the impact 
damage. Subsequent loading of panel 3 to an applied strain of 0.0042 caused 
the damage to propagate laterally across the skin and arrest beneath the stif- 
fener flange as noted by the C-scan photograph, figure 14b. The damage pro- 
pagation was also evident in the load-strain response curves of figure 14 c. 

In a subsequent test on this panel, a load of 3.77 M/m caused no further damage 
propagation even though there was considerable post-buckling deformation in the 
panel skin, (figure 14d). 
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Test panel 4 was similar in design and laminate configuration to panel 3 
except the skin was attached to the stiffeners by titanium flush-head inter- 
ference-fit bolts and the stiffener spacing was reduced to 15.2 cm to Increase 
the buckling strain of the skin. Tests results noted in table 4 Indicate panel 
4 was tolerant to impact damage in the skin under high loading conditions and 
the residual strength with damage was also high. The discrete-stiffness con- 
cept incorporated in both panels 3 and 4 was very tolerant to damage in the 
panel skin, even with considerable post-buckling. Further tests on this concept, 
however, should be conducted to evaluate the effectiveness of the skin in re- 
distributing load in the event of stiffener failure. 

Test panels 6 and 7 have similar stiffener dimensions and were used to 
evaluate the effect of material on damage tolerance. Panel 6 was fabricated 
using Material A and panel 7 was fabricated from Material B. Due to differences 
in lamina elastic properties of the two materials, the two panels have slightly 
different layup patterns and are capable of carrying different design loads. 

The test results given in table 4 show that panel 6 performed in a manner 
similar to panel 3. Following impact, the local damage propagated in the skin 
to the adjacent stiffeners where it arrested. The local damage to the skin of 
panel 7 did not propagate and the panel failed in the residual-strength test 
at a strain of 0.0060 by disbonding of the stiffeners from the skih. There 
was no evidence of damage growth in the impact region. 

Test panel 5 incorporated all three damage-tolerant features previously 
evaluated separately in other panels (low-axial-stiffness skin, attached stif- 
feners, and alternate materials). This test panel failed in the end-region at 
a strain of 0.0054 (table 4) with no evidence of damage growth. Even though 
the failure occurred at a moderately high strain, it is unclear when comparing 
the results to those of panel 7 if all three damage tolerance features con- 
tributed to the success of this test or only the alternate material. 

During tests on panels 3 and 6, delamination initiated at the Impact 
location propagated across the skin to the two adjacent stiffeners and arrested 
as noted in sketch A. It is hypothesized that the feature in these panels 
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responsible for the delamination arrestment is the relatively thick blade and 
attachment flange. The blade and flange had sufficient bending stiffness to 
constrain local buckling of the skin sublaminates. Local buckling creates high 
peel stresses which are a major factor in delamination growth. The local 
buckling restraint imposed by the stiffener, therefore, provides an effective 
mechanism for arresting a delamination propagation. 

Due to the limited number of panels tested, the merit associated with 
combining damage-tolerant features in a single panel design could not be 
evaluated. Also, the merit of these concepts must be explored in tests on 
longer and wider panels to address the consequence of stiffener failure and the 
subsequent effect of load redistribution. It was anticipated that the test on 
panel 4 which had the skin secured by bolts might provide insight in load re- 
distribution through local bolt bearing failures, however, this panel was too 
short to effectively evaluate the concept. The test results demonstrate the 
damage-tolerant features incorporated in the blade-stiffened panels have merit 
when compared to tests previously conducted and reported in reference 7. The 
heavily-loaded blade-stiffened panels reported in reference 7 failed due to 
impact when loaded at strains near 0.0040. Several of the panels evaluated in 
the current study were able to sustain load under similar impact conditions 
and had residual strength with damage at strains well in excess of 0.0050. 

The low-axial-stiffness skin, the use of alternate materials and the restraint 
of local buckling are all effective methods of suppressing damage propagation. 

Results from tests on two channel- section blade-stiffened panels are shown 
in figure 15. The applied strain at impact is shown on the figure in a manner 
similar to previous figures. These test panels failed in the center section 
due to impact and the damage propagated into the blade portion of this section 
because the skin plies traverse into the stiffener. However, the damage 
arrested at the Interface where the sections were fastened together. One panel 
was subsequently loaded to establish its ultimate strength. Failure originated 
near the center-section damage and propagated to the panel lateral edges. A 
moire-fringe grid was used to observe the out-of-plane deformation of the flat 
surface during the test. The deformation contours observed indicated that the 
panel failed due to eccentricities imposed by load transfer around the failtire 
in the center section (see sketch B). Load transfer and severe eccentricities 



imposed by local failures, particularly at stiffeners, must be accounted for 
in the design of stiffened compression panels. 
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DESIGN IMPLICATION STUDIES 
Impact Damage 


For conventional metallic structures, fatigue usually governs the design 
of tension-loaded panels and buckling or material strength requirements govern 
the design of compression-loaded panels. The design considerations for 
aluminum aircraft panels have evolved over 30 years and are based on require- 
ments defined by Federal Aviation Regulations (FAR., ref. 10). The regulations 
state basically that aircraft structures must be capable of supporting limit 
load, the maximum load to be expected in service. Ultimate load is defined as 
1.5 times the limit load. The structure must be capable of supporting limit 
load without detrimental permanent deformation and must be able to support 
static-ultimate load for at least three seconds without fail\are. An evaluation 
of the strength, detail design, and fabrication must show that catastrophic 
failure due to fatigue, corrosion, or accidental damage will be avoided through- 
out the operational life of the airplane. The extent of damage for residual 
strength evaluation at any time within the operational life must be consistent 
with initial detectability and subsequent growth under repeated loads . The 
residual strength evaluation with damage must show that the remaining structure 
is able to withstand loads corresponding to certain maneuver and gust conditions. 
In addition, the aircraft must be capable of successfully completing a flight 
during which damage occurs, with the structtire under load, from discrete sotirces 
such as uncontained fan blades, uncontained high-energy rotating machinery, or 
hail stones (ref. 11). Although the regulations were formulated through 
experience with al-uminum structures, they are generally written and apply 
equally well to tension- or compression-dominated metallic structtires, as well 
as laminated composite structvires . 

For illustrative purposes, a damage-threshold ctirve for a composite material 
with impact properties based on the type of test performed in this investigation 
is shown in figure 16 along with FAR requirements noted above. In the figure, 
strains have been shown rather than stresses or loads. The limit and iiltimate 
design strains on the curve are values that are currently used for aluminum wing 
panels and are reasonable values for consideration in the design of graphite- 
epoxy wing panels. Damage from discrete sources is not considered to be a major 
problem in the design of aluminum compression structtires, therefore, no informa- 
tion on a design strain level is available. The strain level shown is an 
anticipated level (neglecting the relation of panel to impactor-size effects) 
based on encountering wind gusts during an inflight hail storm. This condition 
is normally less severe than the design limit load. In addition, it would be 
desirable for the lowest impact condition necessary to create interior laminate 
damage to also cause surface damage that is visually detectable in the contact 
region. As indicated, the region of uncertainty with regard to visual-damage 
detectability should be small. 

The materials and laminates tested in this investigation had a residual 
compression strength with damage that was near or above the failure-threshold 
curve. Assuming other materials and laminates also exhibit this character, the 
test technique reported herein can be used to predict the curve for the lower 
threshold of residual strength. This curve should fall in the region indicated 
in figure 16, For impact damage which is not visually detectable, it must plot 
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above the established design ultimate, and for damage which is visually detect- 
able, it must plot above the design limit. For materials that exhibit this 
behavior, discrete-source damage will not be a problem. 

The results of tests on the laminates fabricated from Materials A and B 
are compared in figure 17(a) and (b) with the design strain considerations 
defined in figure 16. Both laminates appear capable of meeting the anticipated 
discrete-source limit, however, the failure-threshold curves are low with 
regard to the defined region of visible contact damage. If the design- limit 
strain (and corresponding design ultimate strain) was reduced moderately. 

Material B may be adequate (assTiming it will fulfill all other requirements). 

Also recall the transverse reinforcement of Material A Increased substantially 
the residual strength of laminates with damage to a level comparable with 
Jfe.terial B failure threshold, and reduced the range of uncertainty in visual 
damage detectability to nearly that of Material B. Consequently, the transverse 
reinforcement represents a substantial improvement in Material A from the stand- 
point of its design capability for heavily-loaded wing structures. 

An examination of test restilts on the blade-stiffened panels based on the 
same design considerations are shown in figure 18. Shown on the figure are the 
panel strain at impact and the strain at failure of each blade-stiffened panel. 
Each specimen shown was damaged while loaded to an applied strain well above 
the limit for discrete-source damage. All panels had surface damage in the 
contact region that was marginally detectable by visual inspection. This impact 
damage resulted in failure for panels 1-4 and 6 at an applied strain equal to 
or greater than the indicated design limit value. Test panels 5 and 7 fabricated 
from the Material B failed due to causes xinassociated with impact at strains 
near the design ultimate for current aluminum panels. These results demonstrate 
the importance of vlsml inspection in detecting flaws in composite compression 
panels . 


Structural Efficiency 


In addition to safety, one of the main considerations in the design of air- 
craft is structural mass. The design of blade-stiffened graphite-epoxy panels 
was discussed in detail in reference 7 and it was demonstrated that composite 
panels offer substantial mass saving when compared to current aircraft alumintm 
panels, even when the graphite panels are constrained to meet the same require- 
ments as defined previously for figure 3. The material properties used in the 
design of the reference 7 panels was that of Material A and damage tolerance 
was accounted for by simply reducing the design strain level. In the present 
investigation, other materials with improved damage characteristics have been 
evaluated. These materials, however, typically have a lower extensional modulus 
due to higher matrix volume fraction (note the difference in lamina ply thick- 
ness of Materials A, B and C given in table 1 ) . Both Materials B and C are 
"low-bleed" systems and consequently excess resin cannot be easily removed. 

This reduces the longitudinal modulus 15 to 20 percent when compared to Material 
A. The effect of reducing the extensional modulus on panel structural mass is 
shown in figure 19* Also shown on the figure is the mass of typical aircraft 
aluminum wing panels. The ordinate and abscissa on the figure as well as the 
constraint conditions considered in the design are similar to those of figure 3. 
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The effect of 
to 111 GN/m2 

panels throughout the entire load range. For heavily-loaded panels, this has 
the same effect as reducing the allowable average panel strain for the higher 
modulus material by 0.0014. However, for lightly-loaded panels, the reduction 
in allowable strain does not increase panel mass because these panels are stif- 
ness-critical and do not reach the limits of material strength. Tradeoffs such 
as this should be considered during any design evaluation. 

The effect of discrete-stiffness design on structural efficiency liras also 
evaluated and the results for blade-stiffened panels are shown in figure 20. 

The Material A properties were used to generate these curves and the one repre- 
senting designs with 0° plies in the skin is the same as the curve shown in 
figure 19. The curve labeled discrete stiffness has the same constraint con- 
ditions as the curve labeled 0 plies in the skin and also satisfies an additional 
constraint of having only +45° and 90° material in the skin. The results of 
figure 20 show there is a penalty of about 3 % for panels with no high-stiffness 
material in the skin when compared with minimum-mass designs that include 0° 
plies in the skin. However, a substantial mass saving of between 46 percent 
for lightly-loaded panels and 37 percent for those designed for about 6 MPa 
still remains. One important aspect of the discrete-stiffness con'cept which 
remains to be evaluated is whether the load can be redistributed in the event 
of stiffener failure. Long panels (approximately 3 or more rib bays in length) 
will have to be tested to further evaluate this concept. 


2 

reducing the longitudinal modtilus of the material from 131 GN/m 
increases the panel mass about 1 % when compared to altiminum wing 


CONCLUDING REMARKS 


An experimental investigation was conducted to evaluate concepts for 
improving the strength of graphite-epojsy compression panels subjected to low- 
velocity impact damage and for arresting damage propagation. Tests were con- 
ducted on plate specimens and blade-stiffened structural panels. The plate 
specimens were 48 ply orthotropic flat laminates. The structural panels were 
minimum mass to carry the design load and have extensional and shear stiffnesses 
typical of those found in current commercial aircraft aluminum wing applications. 
Test results on the plate specimens suggest that the matrix material can have a 
significant effect on impact-damage tolerance, and matrix materials that fall 
by delamination have the lowest capability. Alternate materials or laminates 
which are transversely reinforced suppress delamination and change the failure 
mode to transverse-shear crippling of the fibers which occurs at a higher 
strain value. All the laminate groups evaluated had severe reductions in 
strength that occur from damage that may only be marginally detectable by un- 
aided visual inspection. Tests on plate specimens that incorporated discrete 
stiffness or mechanical fasteners to restrain damage propagation demonstrated 
the effectiveness of these methods to arrest damage propagation and achieve 
moderately high strains with damage. 

The results of tests on the blade-stiffened compression panels indicated 
several design changes that improve damage tolerance. For materials that fail 
by delamination, denying the delamination a natural path into the stiffener 
permits the stiffener to remain Intact when the skin is damaged. Also, blades 
and flanges with bending stiffnesses adeqiiate to constrain local-buckling 
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deformations provide an effective mechanism for stopping delamination propa- 
gation in the panel skin. The techniques of discrete- stiffness and the use of 
alternate materials evaluated in plate specimens were also essamined in stiffened 
panels and found to he effective. Longer panels, however, should be tested to 
fully evaluate these techniques and to study load redistribution after damage, 
especially for the case of a failed stiffener. 

The implication of the test results on the design of aircraft structures 
was examined and a composite material with desirable impact characteristics with 
respect to FAR requirements was defined. The materials evaluated in this in- 
vestigation appear capable of meeting the requirements for discrete-source 
damage, however, the failure-threshold curve of the test laminates appears to 
be low with regard to the initiation of visible contact damage. The effect on 
structtiral mass of incorporating the damage -tolerant features in panel designs 
showed that small penalties exist in using some of the features. However, sub- 
stantial mass savings compared to existing aluminum panels remain for heavily- 
loaded structures which include these damage -tolerant concepts. 
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TABLE ni.- DIMENSIONS AND LAYUP PATTERNS OF BLADE-STIFFENED TEST SPECIMENS 
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TABLE IV.- INITIAL CONDITIONS AND RESULTS OF IMPACT TESTS ON BLADE-STIFFENED PANELS 
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(a) Panel with cocured stiffeners. 



(b) Panel with bonded stiffeners. 



(c) Panel with bolted stiffeners. 


Figure 2.- Blade-stiffened test panels. 
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Figure 3.- Comparison of structural efficiency of blade-stiffened compression 
test panels with minimum mass designs. 
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Figure 4«- Mechanically fastened blade-stiffened panel fabricated from single channel sections. 










25 



Figtire 5*- Laminated plate specimen mounted in supporting test frame. 
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Figure 6.- Comparison of impact damage on the compression strength of laminated 
plate specimens with different materials. 
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Figure 7,- Effect of impact damage on graphite fabric Material A. 
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(a) Material A (specimen group RP1). 



Figure 8.- The effect of transverse reinforcement on the compression strength 
of laminated plate specimens with impact damage. 
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Figiire 9.- Damaged area In Material A laminates with and without transverse 
reinforcement . 
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Fieure 10*- Cross-section of test laminate of Material A (specimen group 
RP1) with transverse reinforcement after dafiiage hf impact. 
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Figirre 12.- Effect of impact on mechanically fastened flat panels. 
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Damage propagation 
in skin 




(o) Load/strain response during test 




(a) C-scan of initial damage in panel. 


fd) Moire-fringe photo after damage 
propagation. 


Test results for panel 3 showing skin delamination 
arrest at stiffeners. 
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Figure 17.- Comparison of test materials with current aircraft design 
considerations . 
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Figure 18.- Comparison of blade-stiffened test panels with current aircraft 
design considerations. 
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Figure 19.- Effect of material modulus on the structural efficiency of 
graphite-epoxy blade-stiffened panels. 
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Figure 20.- Effect of discrete-stiffhess design on the structural efficiency 
of graphite-epoxy blade-stiffened panels. 
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